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SUMMARY 

 
In transonic and supersonic turbomachinery, shock waves appear at the trailing edge, 
generating substantial losses due to the interaction with the boundary layer. A novel 
proposal to control the resulting fish tail shock waves consists on, pulsating coolant 
blowing through the trailing edge of the airfoils. This paper presents an unprecedented 
experimental and numerical research. A linear cascade representative of modern turbine 
bladings was specifically designed and constructed. The test matrix comprised four Mach 
numbers, from subsonic to supersonic regimes (0.8, 0.95, 1.1 and 1.2) together with two 
engine representative Reynolds numbers (4 and 6 x 106) at various blowing rates. The 
blade loading and the downstream pressure distributions allowed understanding the 
effects on each leg of the shock structure. Heat transfer measurements were performed to 
quantify the consequences of different coolant blowing schemes. Shock angle variation 
and intensity reduction has been quantified at different cooling rates. Shock induced 
boundary layer transition has been identified with both continuous and pulsating coolant 
ejection. Minimum shock intensities were achieved using pulsating cooling. A substantial 
increase in base pressure was observed for low coolant blowing rate. Analysis of the high 
frequency Schlieren pictures revealed the modulation of the shock waves with the coolant 
pulsation. The Strouhal number of the vortex shedding was analyzed for all of the 
conditions.  
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1. Introduction 

 Trailing edge shock interactions are one of the major sources of losses in 
supersonic airfoils. Additionally, vane shocks cause large pressure fluctuations that may 
result in low and high cycle fatigue problems. Previous research related to the present 
investigation may be classified in four topics: trailing edge shock wave interactions, base 
pressure losses, trailing edge vortex shedding, and effects of the coolant ejection. 

The downstream flow field of nozzle guide vanes in modern high pressure 
turbines suffers fish tail shock structures [1]. The trailing edge shock pattern has been 
well documented in the literature. Denton and Xu [2, 3] quoted that the trailing edge 
losses contribute typically to a third of the total losses in transonic turbines. The 
impingement of those compression waves on the downstream rotor row and rear suction 
side of the adjacent vane results in unsteady entropy generation. Quantification of 
unsteady loss and pressure variation in a transonic turbine was studied numerically and 
experimentally in the literature [4]. 

Regarding the base pressure losses Gostelow et al. [5] analyzed computationally 
and experimentally the trailing edge structure and the related losses. Uzol et al. [6, 7] 
documented the performance of different trailing edge geometries. Schobeiri and Pappu 
[8] found an optimal geometry and blowing ratio that minimize the mixing losses of a 
cooled gas turbine blade. Sieverding et al. [9] determined an experimental correlation of 
the base pressure in function of the downstream static pressure, that allows accurate 
predictions of base pressure losses. 

Concerning the vortex shedding, Rowe et al. [10] observed that a thick boundary 
layer upstream of the trailing edge reduced the shedding frequency, resulting in decreased 
base pressure losses. Sieverding and Heinemann [11] demonstrated the influence on the 
vortex shedding of the boundary layer state on both pressure and suction sides. 
Furthermore, the vortex street exhibits a 2D structure only in the midspan region [12]. 
Cicatelli and Sieverding [13] characterized experimentally the time averaged and 
unsteady pressure field in the base region.  

Studies on the effect of coolant ejection on the vortex shedding were presented by 
Motallebi and Norbury [14] based on Schlieren images of the vortices shed from a blunt 
trailing edge at subsonic and supersonic conditions. A certain rise in the base pressure 
was noticed corresponding to a moderate coolant flow rate. The disappearance of the 
trailing edge vortex motion was observed over a range of bleed air mass flows near to the 
value producing a maximum level of base pressure. Sieverding [15] showed that a higher 
base pressure and a consequent reduction of the trailing edge shock intensity 
corresponded to a moderate coolant flow rate. Raffel and Kost [16] gathered similar 
results at supersonic conditions using PIV data. Saracoglu et al. [17] obtained analogous 
conclusions using numerical simulations on a blunt trailing edge at an outlet Mach equal 
to 1.5, the shock strength was mitigated 70% at moderate trailing edge cooling compared 
to the no blowing case. 

 In conjunction with Paniagua et al. [4], de la Loma et al. performed numerical and 
experimental heat transfer measurements on a transonic turbine stage to show the loss 
and unsteady forcing mechanism due to vane trailing edge shocks [18]. Further heat 
transfer measurements were performed by Solano et al. in a radial transonic turbine rig to 
predict the flow structures from blade Nusselt number distributions [19]. 
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The research has demonstrated that cooling ejection has significant effects on the base 
region and trailing edge shock patterns. The originality of this work lies in the use of 
pulsating coolant to control shocks for the first time in the literature. Experimental and 
numerical research have been performed to understand the base region flow topology 
depending on cooling ejection rates. Several correlations for the base pressure, shock 
angle and vortex shedding are presented. The current study demonstrates that cooling 
ejection has significant effects on trailing edge shock patterns and consequently their 
effects on the adjacent blade’s boundary layer properties by using pressure and heat 
transfer measurements in coordination. The final goal of the research is to improve 
turbine durability and efficiency in compact supersonic turbomachinery. This paper may 
guide aerodynamic designers to novel concepts to modulate shock waves. 
 

2. Experimental apparatus 

2.1. Airfoil model 

The airfoil model reproduces the velocity distribution encountered in a modern 
cooled turbine airfoil. The trailing edge diameter was maximized to increase the spatial 
and temporal resolution of the vortex shedding phenomena in the Schlieren flow 
visualizations. The rear part of the suction side was identical to the airfoil documented by 
Sieverding et al. [20], as shown in Fig. 1. The rest of the profile was fitted by high-order 
Bézier curves to ensure the continuity of the curvature and passage width, resulting in a 
smooth velocity evolution. 
 

 
Fig. 1. a)The construction of the airfoil geometry b) Internally cooled airfoil 

 
The aerodynamic performance of the cascade passage was tested for various 

downstream isentropic Mach numbers, ranging from 0.8 to 1.2. The flow field around the 
airfoil leading edge was investigated in detail to analyze incidence effects. No sign of 
separation was observed for the incidence angles of ±2 degrees.  

2.2. Wind tunnel 

An isentropic compression tube facility at the von Karman Institute has been used 
to perform all experiments in this work (Fig. 2). Optical access detailed in Fig. 5 
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permitted Schlieren and oil flow visualizations. The facility provides 100 to 800 ms of 
testing time [b19, b20]. The test duration varies exponentially with the test Reynolds 
number (Fig. 3). 

  
Fig. 2. The schematic of the experimental facility 

 
The air inside the cylindrical vessel is compressed by a free piston driven by high 

pressure dry air (300 bars) until the desired upstream conditions are attained. 
Subsequently, a shutter valve releases the air into the test section. The flow is vented 
axially to the atmosphere.  

The test section accommodates two flow passages separated by an airfoil. The 
model and two contoured end wall sections are staggered at 66 degrees. Transonic flow 
adaptation is achieved by a sudden expansion downstream of the trailing edge. 
 

 
Fig. 3. Testing time changing for different test conditions (Reynolds and Mach number)  

2.3. Rotating valve 

Pulsation in the coolant stream was provided by a perforated rotating disc. When 
the holes on the disc are facing the inlet and outlet ducts a flow pulse is generated. 
Detailed characterization of the rotating valve cooling system was performed upstream 
and downstream of the airfoil [23]. The mean mass flow rate in function of upstream total 
pressure is displayed in Fig. 4 – left at various frequencies. Fig. 4 – right depicts the 
temporal evolution of the mass flow, for a given coolant pressure of 1.9 bars at 200 Hz. 
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Fig. 4. Mean coolant mass flow rate with respect to coolant total pressure at various 
frequencies (left), mass flow fluctuations with pulsating cooling (right) 

2.4. Measurement techniques 

Measurements were performed at several locations along the test section. The 
inlet total pressure and temperature were measured with a Pitot probe and K-type micro 
thermocouple (25 μm) located one chord upstream of the airfoil leading edge. The probe 
head was at 30% of the inlet channel height. 

The model and the adjacent suction and pressure sides are equipped with 
pneumatic lines at mid-span. The first passage (in Fig. 5-b) contains 13 taps on the lower 
wall (pressure side) as well as 13 taps on the model suction side. Similarly, the second 
passage has 6 taps on the airfoil (pressure side) and 14 taps on the upper wall (suction 
side). Additionally, 5 piezoresistive sensors are installed on the model. The trailing edge 
was instrumented with two piezoresistive sensors and two pneumatic lines located at each 
side of the cooling slot. 

The outlet pitch-wise pressure distribution was monitored by a row of pneumatic 
taps located at 25% of the chord downstream of the trailing edge plane, consisting of 12 
taps over 80% of the pitch. All pneumatic lines were sampled with 1.1 bar ScaniValve 
sensors at a sampling rate of 300 Hz, whereas the piezoresistive sensors were recorded at 
500 kHz. The measurements were averaged for a constant time interval when the stable 
operating conditions were achieved to attain the time-averaged quantities. Fig. 5-a 
displays the Mach number evolution in a typical experiment.  

High speed Schlieren flow visualizations were performed with the Z-type 
Schlieren setup [24]. The 800x600 pixel resolution pictures were acquired at a rate of 
3200 Hz by a Phantom V9 high-speed camera. A digital image processing algorithm was 
developed in Matlab® to analyze the images. Each single image was automatically rotated 
and cropped around the area of interest. A local background was created and subtracted 
from the image to compensate for illumination variations. The algorithm converted this 
image portion into a binary image, i.e. a logical array, and tagged its connected 
components providing a label matrix, where each object was identified with a positive 
integer number. The geometrical properties of the detected objects were obtained by 
measuring the characteristics of each labeled component in the label matrix. Eccentricity 
was used as criterion to select the one that corresponds to the compression wave among 
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the detected items. The center and the orientation of the wave were then stored for further 
investigation. Spectral analysis of the Schlieren images allowed identifying the shock 
displacement frequency and angle variation amplitude. The impingement location of the 
shock wave on the adjacent suction surface was also extracted as complementary 
information for the blade loading measurements. 

 

 
Fig. 5. a) Variation of downstream isentropic Mach number during a test; b) Schematic 
view of the test section with pressure measurement locations; c) Schlieren picture 
together with pressure sensor taps; d) Manufactured test set-up  
 

Steady and unsteady surface temperature measurements were performed on the 
suction side contoured top wall of the test section to asses the disturbances on the 
boundary layer by using 11 nickel based thin film sensors fabricated by Tao Systems 
(Fig. 6). The entire unsteady data acquisition was done at sampling frequency of 1 MHz. 
The part of the sampled data which falls into the constant main flow condition time 
interval was used for processing. The wall temperature signals acquired by thin film 
sensors were decomposed into mean and fluctuating components. The mean value was 
used to calculate the heat flux by solving 1D heat conduction equation while substrate of 
the sensors considered as semi-infinite medium. Following this procedure, the heat 
transfer coefficient h was calculated by using the wall and the gas temperatures. Finally, 
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Nusselt numbers for each sensor were calculated. The root mean square (RMS) of the 
temperature was extracted from the fluctuating component of signal to measure the level 
of unsteadiness in wall temperature on each gauge locations. 
 

 
Fig. 6. Pressure and temperature measurement locations 

3. Numerical tool 

3.1. Description of the solver 

The commercial solver ANSYS FLUENT was used for all the simulations. The 
2D version solved the governing equations using a co-located grid, i.e. all the flow 
parameters were stored in the cell-centers. Regarding the spatial discretization, a second 
order upwind scheme was selected for the present numerical campaign. A second order 
temporal discretization was used to obtain the time-accurate unsteady solutions. 
Gradients were reconstructed using a second order accurate method based on cell 
volumes. Turbulence was modeled using the two-equation SST model by Menter [25]. 
Calculations were performed using a parallelized approach on multiple computer nodes. 

3.2. Computational domain and parameters of the analysis 

The numerical domain reproduced a single vane passage, as displayed in Fig. 7, 
considering periodic boundary conditions on the upper and lower ends of the domain. 
The inlet and outlet sections which were inclined according to the stagger angle of the 
linear cascade were located 0.5 and 0.75 chords away from the profile leading and 
trailing edges respectively. The computational mesh was prepared using the commercial 
tool Centaur. Special attention was paid to the resolution on the wall, the base and the 
wake regions. An O grid of 20 prismatic layers was realized around the blade. The 
resulting y+ value was maintained below 1 around the airfoil profile. The final mesh 
consisted of around 30,000 prismatic and 535,000 triangular elements. The imposed inlet 
total pressures, total temperatures, and flow angles corresponded to the experimental 

Distribution A:  Approved for public release; distribution is unlimited.



values. At the outlet, the measured average static pressure Ps2 was imposed. All the walls 
were assumed to be isothermal at ambient temperature with no-slip boundary condition. 
To model the pulsating coolant, a user-defined function was implemented with a pressure 
shape, similar to the experimental conditions documented by Gonzalez et al. [23], as 
depicted in Fig. 4-right. 

 

 
Fig. 7. Computational domain: as cropped from the test section (top) along with 
magnified views of the leading edge (bottom left) and trailing edge (bottom right) 
 

In order to ensure a frequency resolution of 500 kHz, a time step of 1 μs was used. 
Time averaged data was obtained by calculating the mean of 4 consecutive periods, after 
verifying that the level of dispersion was below a threshold. The analysis of the data with 
pulsating frequency (200 Hz) was accomplished using a time step ten times larger (10 
μs), because the typical period to resolve is 100 times greater. The computational time 
required to achieve full convergence was 1344 CPU hours in two processors, dual core 
AMD Opteron with 4GB RAM. 
 

4. Shock modulation 

4.1. Operating conditions 

The tests were made for a range of high subsonic to low supersonic Mach 
numbers (M2,is=0.8-1.2), while 2 Reynolds numbers have been selected (Re=4x106 & 
6x106). All conditions were tested for no blowing and continuous blowing at 1.1, 1.5 and 
1.9 bars of coolant total pressures (P0cool). A pulsating coolant stream was introduced for 
transonic and supersonic test cases at an average coolant total pressure of 1.9 bars with a 
frequency of 200 Hz resulting in a 12% fluctuation of the mean coolant mass flow. 

4.2. Airfoil loading 

The analysis of the time-averaged pressure is performed to characterize the flow 
field aerodynamics in the cascade passage and the downstream planes. The pressure 
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values are represented in terms of isentropic Mach numbers 

(       1
is 01 sM 2 1 P P 1

     ). Fig. 8 depicts the distributions with respect to 

normalized surface coordinate (S/Smax equals 0 at the leading edge and one at the trailing 
edge) on the upper flow passage for each test condition and for each coolant blowing 
pressure. 

 

 
Fig. 8. The variation of velocity distribution of upper channel a) M2,is=0.8, Re=4x106; b) 
M2,is=1.1, Re=4x106; c) M2,is=1.1, Re=6x106; d) M2,is=1.2, Re=6x106 

 
In Fig. 8-c we observe a large acceleration along the suction side in the leading 

edge region. From S/Smax 0.05 to 0.3 (throat) there is a constant acceleration. 
Downstream of the throat the flow overaccelerates due to the expansion fan until the 
impact of the right running shock. After the deceleration caused by the shock wave, the 
flow keeps on accelerating downstream. The cooling scheme does not alter the pressure 
distribution around the profile for the cases below sonic speed. For supersonic outlet 
conditions, the coolant affects only the region downstream of the shock impingement. 
The behavior is not visible in the experimental results due to the fact that the 
impingement location of the shock wave statistically lies between two measurement 
locations denoted as 1 and 2 in Fig. 8 as revealed from the processing of Schlieren 
pictures. The CFD reveals an upstream displacement of the shock impact with the coolant 
mass flow. The increase of Mach number to 1.2 results in a substantial increase in the 
passage loading. One can also observe that the pulsating cooling results in lower loading 
than the continuous blowing. 
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4.3. Downstream static pressure 

The pressure distributions on plane 2 provided an exact location of the left-
running shock. Fig. 9 represents the downstream isentropic Mach numbers for supersonic 
conditions together with corresponding Schlieren images to illustrate the orientation of 
the left-running shock wave with respect to the measurement locations. The right running 
shock reflection effect can be seen at pitch-wise locations between g/g*=1.35 and 
g/g*=1.5. For M2,is=1.1 and Re=4x106, the pressure increase downstream of the right 
running shock reflection is reduced when the coolant is introduced. A similar effect is 
observed for the other cases as well. One can also notice that the shock wave is less 
oblique for M2,is=1.2 and Re=6x106 when the coolant is introduced. 

 

 
Fig. 9. Pitch-wise pressure distribution downstream of the cascade for all test conditions 

4.4. Shock angle fluctuations 

The analysis of the shock angle movement is based on the numerical and 
experimental Schlieren. Regarding the uncooled case, the shock angle varies between 55 
to 60.5 deg. at the vortex shedding frequency (about 20 kHz). The use of pulsating 
cooling implies variations of about 5 degrees at the pulsating coolant frequency (about 
200 Hz). Fig. 10 compares the power spectrum of the unsteady shock wave angle (α) 
with the valve encoder and the pressure sensor in the cooling slot (Pscool). It is clear in 
both figures that the pulsating cooling at 208 Hz is altering the shock angle at exactly the 
same frequency. 
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Fig. 10. Comparison of the experimental power spectrum of the shock wave angle 
variation with: Encoder delivering one pulse per revolution (top); high-frequency 
pressure sensor in the cooling slot (bottom) 

 
In Fig. 11, the average angle variation obtained by the Schlieren images analysis 

is presented together with the corresponding RMS value. The mean angle and the 
variability of the shock waves are reduced by increasing the Mach number. Furthermore, 
increasing Reynolds number provide a stabilizing effect, or reduction of RMS, on the 
shock angle. The average shock angle and the RMS are observed to be decreased by the 
pulsating cooling. 

 

 
Fig. 11. Schlieren results: average angles with error bar (RMS) for all conditions 

 

4.5. Steady wall temperature 

The Nusselt number distributions on the suction surface of the upper flow passage 
for various test conditions were calculated by using the time-averaged Tw, T01, wall heat 
flux and calculated main stream heat conduction coefficient and illustrated by the middle 
plot sequence in Fig. 12. A reduction in Nu is observed towards the downstream location 
of geometrical throat regardless of test condition. While laminar boundary layer thickens, 
it isolates the surface from heat penetration thus Nu decreases. Further downstream, an 
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increase in Nu is noticed as an indication of initiation of boundary layer transition. 
Following a finite length of Nu gradient, relatively constant region of Nu is observed on 
the rear suction side where the turbulent boundary layer establishes. For low M and Re 
case, the location of transition is detected on half way of the surface which is far 
downstream of the shock wave impingement point. This informs possible natural 
transition of the blade surface. Moreover, the transition is delayed 5% Smax when the 
coolant is blown pulsating. When freestream Mach number is increased, transition is 
moved 5% Smax upstream coinciding with the shock impingement location for a longer 
length. On the other hand, the increase in Re results in delay in transition to a location 
between 46% and 67% Smax for low coolant mass flows. Finally, boundary layer of 
highest Mach number case gets transitional for all cooling cases between 46% and 51% 
Smax where the shock wave impinges for all cooling schemes and gets turbulent between 
67% Smax.  
 

 

 
Fig. 12. Blade loading (top) together with suction side Nusselt number (middle) and 

RMS of wall temperature (bottom) distributions on the upper flow passage 

4.6. Unsteady wall temperature 

The wall temperature signal can be split into a mean value and random 
fluctuations. The random component can be represented by the root mean square (RMS) 
of it throughout the time span. Consequently, the root mean squared value of the 
temperature represents the level of unsteadiness for each signal. Thus, the procedure was 
applied and resulted RMS distributions are represented in Fig. 12 bottom. A sudden 
increase in wall temperature unsteadiness was encountered at same location of the 
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beginning of transition depicted on Nu distribution and shock impingement point on 
blade loading for both free stream Reynolds numbers due to the relative increase in 
unsteadiness by transition from laminar to turbulent boundary layer. This behavior not 
only confirm the consistency of the results inferred from different measurements but also 
indicates lowest RMS values for unsteady cooling cases which might be an indication of 
stabilizing effect of pulsating coolant blowing by reducing shock intensity. 

The frequency spectrum of the wall temperature signal has also been analyzed in 
order to characterize unsteady phenomenon occurring in the boundary layer for different 
test conditions. An example of the low frequency content of the wall temperature signal 
is given in Fig. 13 (left). A distinct peak at around 500 Hz with a dispersion of 50 Hz has 
consistently been observed for all of the gauges. The designated low frequency 
fluctuation might be a signature of the unsteadiness caused by large recirculation bubbles 
downstream of the end walls of the test section which has numerically diagnosed [26]. 
Similar frequencies were also captured by cooling channel pressure sensor in the absence 
of trailing edge blowing (Fig. 13. right). 

 

 
Fig. 13. FFT of wall temperature signal (left) edge and cooling channel pressure for no 

blowing case (right) 
 

5. Base pressure 

5.1. Base region flow topology and vortex shedding 

Trailing edge cooling alters significantly the behavior of the vortex shedding. In 
the uncooled case, the coherent structures of the von Karman vortex street are clearly 
visible for both investigated Reynolds numbers (Fig. 14). Gostelow [27] stated that for 
transonic flows the von Karman vortices become unstable and exotic shedding patterns 
may appear. The present numerical results demonstrate that the oblique shocks generated 
near the blade trailing edge oscillate at the same frequency of the vortices. In some cases 
the vortex shedding disappears. Trailing edge continuous cooling changes the vortex 
shedding pattern since the base region is separated into two different zones and two 
separated couples of vortices appear (Fig. 14). In both cases, the shedding of a single 
vortex on one side, and a pair of vortices on the other side of the trialing edge described 
by Williamson and Roshko [28] was identified. Frequency analysis of the base region 
demonstrated that both regions are tuned with each other but with a different energy 
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distribution within the spectrum. Hence, the vortices have the same harmonics but the 
amplitudes of their fluctuations are different. 

 

 
Fig. 14. Numerical Schlieren of the base region at M2,is=1.1 

 
Fig. 15 represents the FFT of the trailing edge pressure sensors, which reveal the 

resonance frequencies associated to the shedding frequency. One observes that as the 
flow velocity increases, the shedding frequency is larger. A decrease in the shedding 
frequency is encountered with increasing Reynolds number owing to the reduction in 
total temperature and thus on velocity.  
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Fig. 15. Frequency spectrum of the unsteady base pressure signal for the uncooled case 

 
The fluctuations in the base pressure, caused by the vortex shedding, are of the 

order of 5% in uncooled case and 13% for the pulsating cooling. Cicatelli and Sieverding 
[13] observed a 5% fluctuation in their uncooled geometry. URANS simulations in an 
uncooled transonic turbine stage [4] provided a 5% variability in the stator base pressure. 
Based on the experimental and numerical shedding frequencies let us define the Strouhal 
number: St=fL/v. Fig. 16 displays the evolution of the Strouhal number in function of the 
isentropic Mach number. The frequencies obtained from experimental and numerical 
analysis show good agreement with the tabulated data of Motallebi and Norbury [14]. 
The Strouhal numbers for the M2,is=1.2 case with continuous cooling of P0cool = 1.1 bar 
and 1.5 bar are 0.23 and 0.18 respectively, based on the real dimension of the 
upper/lower metal part of the trailing edge. At a certain distance from the trailing edge 
the structures coalesce into a single couple of vortices. An increase in Strouhal number is 
observed for low coolant blowing cases throughout the whole Mach number range. This 
is due to the displacement of the vortex formation location downstream when the highest 
base pressure is observed [14]. Augmentation in coolant ejection rates brakes down the 
base region into two separate parts on each side of the trailing edge and, consequently, 
leads formation of two distinct vortex structures with higher frequencies as visualized in 
Fig. 14-c. CFD allowed the identification of high Strouhal numbers for the case of high 
cooling rates (St~0.65). 
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Fig. 16. Strouhal number evolution for various test conditions 

5.2. Base pressure correlation 

The base pressure values as a function of outlet Mach numbers are tabulated in 
Fig. 17. Lines represent the Sieverding’s correlation [9]. In convergent designs, δ 
represents the trailing edge wedge angle, ε is the suction side curvature downstream of 
the throat. The results of the uncooled measurements fit quite well with the correlation 
belonging to converging-diverging passages. Data obtained with coolant blowing at 1.1 
bars fits the Sieverding’s correlation equivalent to a (ε+δ)/2=8. Coolant blowing results in 
an increase of base pressure. The highest increase in base pressure is achieved when the 
blowing ratio is the lowest. Hence, appropriate use of cooling is similar to morphing the 
airfoil. Slight changes in cooling rate results in base pressures of different airfoil 
geometries that one can predict using Fig. 17. Base pressure is observed to be maintained 
on the same level of the continuous cooling for the pulsating coolant ejection. This 
implies that the order of the accumulated losses is reduced by unsteady cooling. 

 

 
Fig. 17. Base pressure for all test cases together with Sieverding’s correlation [9] 
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6. Conclusions 

 A transonic turbine airfoil was experimentally and numerically tested to resolve 
the effects of pulsating cooling The model was tested at four Mach numbers (0.8, 0.95, 
1.1, and 1.2), and two engine representative Reynolds numbers (4x106 and 6x106).  
 The detrimental effects of the trailing edge shock waves on the neighboring airfoil 
and downstream plane are reduced with coolant ejection. The highest reduction is 
achieved with pulsating cooling. The Reynolds number stabilized the shock angle, 
minimized the RMS. Pulsating cooling ejection results in shock waves less oblique with 
significantly lower RMS values. A detailed investigation of the flow topology at the base 
region shows the modes of vortex shedding for different main flow and cooling 
conditions. The frequency of the vortex shedding is increased by introducing coolant 
which first pushes the vortex formation location downstream and at high ejection rates 
divides the base region into two. 

Surface temperatures were extracted on the suction side by using fast response 
thin film gauges. Nusselt number distributions were extracted to designate the location of 
boundary layer transition. Unsteadiness associated with blade temperature were reported 
in terms of signal RMS. The result of the analyses shows significant agreement and 
complements each other in determination of the inclination and the intensity of the shock 
waves changing with cooling condition. It has been observed that the shock angle is 
increased and intensity is decreased by increasing coolant ejection pressure within the 
range of interest. The highest improvement in terms of the impact on the neighboring 
airfoil is attained with pulsating cooling. In addition, the stabilizing effect of pulsating 
coolant ejection is observed on boundary layer unsteadiness. 

Base pressure is observed to be highly affected by the base bleed. The value is 
increased the most by a low coolant ejection rate. Pulsating cooling maintains the base 
pressure at the same level of the continuous cooling with the same average ejection 
pressure. The impact of cooling on wake unsteadiness for various Mach and Reynolds 
numbers are quantified in terms of the Strouhal number.  

The present novel research on control of the shock waves presents the influence 
of unsteady trailing edge coolant ejection on the modulation of shock waves. The 
potential implementation of the proposed cooling scheme in turbine applications might 
lead to turbine efficiency and life-span increase. Furthermore, the present results should 
provide aerodynamic designers new tools to harness shock interactions. 
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